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Unsteady Nonlinear Panel Method with 
Mixed Boundary Conditions 
 
A new panel method had been developed to account for unsteady non-
linear subsonic flow. Two boundary conditions were used to solve the 
potential flow about complex configurations of airplanes. Dirichlet 
boundary condition and Neumann formulation are frequently applied to 
the configurations that have thick and thin surfaces respectively. Mixed 
boundary conditions were used in the present work to simulate the 
connection between thick fuselage and thin wing surfaces. The matrix of 
linear equations was solved every time step in a marching technique with 
Kelvin’s theorem for the unsteady wake modeling. To make the method 
closer to the experimental data, a Nonlinear stripe theory which is based 
on a two-dimensional viscous-inviscid interaction method for each station 
along the wing spanwise direction and Prandtle-Glauert rule for 
compressibility effect were used to enhance the potential results of the 
method.  The fast turnaround time and the ability to model arbitrary 
geometries is the goal of the present work. Different airplanes 
configurations were simulated (DLR-F4, light jet, cargo and four engine 
commercial airplanes). The results of pressure and forces coefficients were 
compared with the DLR-F4 airplane. The comparisons showed a satisfying 
agreement with the experimental data. The method is simple and fast as 
compared with other singularity methods, which may be dependent as a 
preliminary method to design aircrafts. 
 
Keywords: (Unsteady Panel Method, Wake Rollup, Potential flow, Non-
Linear LLT) 

 
 

1. INTRODUCTION  
 
Panel methods have been used since mid-1960’s to 
compute the aerodynamic characteristics of complex 
configurations. The pioneering methods were developed 
by [1, 2]. The methods are presently used as one of the 
preliminary tools that have been developed to extend its 
application to the steady, unsteady, viscous flow inter-
action analyses in subsonic and supersonic flow about 
complex aircraft, propellers, automobiles, trains, subma-
rines, ship hulls, sails, windmills and other configura-
tions. The panel methods have been used extensively 
because of their ability to calculate the aerodynamic 
characteristics in acceptable accuracy at reasonable 
expense. The discretization is required for the surface of 
3D configuration only which is an order of magnitude 
simpler than volumetric discretization around the 
configuration needed in finite volume, finite difference, 
and finite elements methods. Again, for the conceptual 
and preliminary design studies (less detail is required) 
this method is superior to give fast and first indication 
about the aerodynamics analysis of the configuration.  

A comprehensive description of the most typical 
panel methods is presented by [3]. By the 1990’s panel 
methods had largely given way to higher fidelity 
Navier-Stokes and Euler solvers [4,5]. Despite the 

promise of Navier-Stokes solvers, accurate viscous drag 
prediction remained an elusive task. Several researchers 
started to consider the problem of three-Dimensional 
Integral Boundary Layer Methods [6,7] with some 
success. Through 2000’s several panel method codes 
continued the development of higher order 
approximations to the boundary integral equations [8-
14], however, due to the complexity involved with hig-
her order methods and the lack of robust and efficient 
integration techniques for higher order approaches, their 
adoption in the panel method community is limited in 
comparison with the popular constant collocation type 
approaches.  

Experience with panel methods such as PANAIR, 
MCAERO, VSAERO, and QUADPAN, developed un-
der NASA contracts and/or industry internal research 
and development, has shown that low-order methods 
can provide nearly the same accuracy as higher order 
methods over a wide range of cases; however, the com-
putation time for low-order panel methods is much 
shorter than for higher order panel methods [15]. A 
wide range of lower order and thus more computati-
onally efficient approaches have been developed [16-
18]. The most recent and most advanced of these 
approaches is Flightstream, which is based loosely on 
the surface vorticity solver described in [19]. A variety 
of applications of panel methods can be found in the 
literature; see for instance the treatment of unsteady 
subsonic problems in [20-22], transonic and supersonic 
flows in [23-24] and coupled inviscid boundary layer 
analyses in [25]. 
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Fig. 1 The domain of consideration. 

Through the aforementioned previous research, with 
many of them not mentioned in the current researches 
related to the panel method and their applications in 
various fields, it is most likely trying to focus on one 
method of imposing the boundary condition. Either it 
was of the Dreichlet method or the Newman condition, 
or both of them in the case of steady flow only. This 
means that the users of these methods have limitations 
to deal with the special shapes that contain zero thick-
nesses, especially in the Dreichlet method, or those that 
require more additional calculations due to the nature of 
the equations therein, as in the Neumann method, and 
therefore, increase the execution time of the program. 
Thus, developing a simple method that reduces the exe-
cution time and gives some generality to the configura-
tions in calculations of the aerodynamic characteristics 
is the main motivation for this work and it is a challenge 
that is not easy. On other side, obtaining the challenge 
enables solving many calculations that are nonlinear in 
nature, such as unsteady flow and the accompanying 
aerodynamic wake behind objects, the effects of the 
boundary layer, or methods of optimizing the shape, or 
work of the object and even may be related to fluid-
structures interaction to study the aero-elasticity of the 
plane [26]. Accuracy and efficiency are equal to the 
complexity that the researcher faces when resorting to 
use other numerical methods related to as in CFD. The 
present work, an unsteady flow about airplanes has been 
considered with mixed surface boundary conditions 
(Dirichlet and/or Neumann boundary conditions) about 
three-dimensional complex configurations such as win-
gs fuselage, nacelles etc. in low speed subsonic flow. 
Prandtle-Glauert rule is used to account for the com-
pressibility effect. Although, the governing equation is 
linear with Laplace’s equation, the problem is still non-
linear because of the position of the vortex sheets wake, 
which appears as a nonlinearity in boundary condition 
on the solid surface, as well as in the boundary condi-

tion of the vortex sheet itself. As far as forces and 
moments are concerned, only Navier-Stockes methods 
are capable to predict the reasonable total drag, so that a 
viscous effect to the stalling angles of attack is corrected 
by using a modified nonlinear doublet stripe theory 
[27]. This method is easy and fast to predict the 
aerodynamic viscous forces and moments as compared 
with other methods such as viscous-inviscid method 
interaction methods, or studying the optimal design of 
winglets in aircraft wings similar to the research [28], 
where it will be based completly on the current method 
with the help of optimization methods to improve the 
shapes adopted in this field.   
 
2. MATHEMATICAL FORMULATION 

 
The zero normal velocity boundary condition in an uns-
teady motion is applied by using body fixed coordinates 
(x, y, z) as shown in figure 1. where the unsteady moti-
on in other hand is described using stationary coordinate 
system (X, Y, Z). 

By assuming the flow is inviscid irrotational and 
incompressible for the entire field, then the Laplace’s 
equation can be applied using stationary coordinate 
system (X, Y, Z); 

2 0ϕ∇ =   (1) 

Since the Laplace’s equation is not time dependent 
then the time can be introduced in the boundary con-
dition where the location and orientation can vary with 
time. Kelvin condition is an additional equation to find 
the streamwise strengths of vorticity of the wake. The 
circulation is Γ of the lifting surfaces with its wake are;  

0
D

D
=

t
Γ     (2) 

The kinematic velocity of the surface due to the 
unsteady motion of the body surface is; 
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where V∞ is the free stream velocity vector and Ω is the 
rate of rotation of the body fixed coordinate. Therefore, 
the instantaneous solution of the Laplace’s equation is in-
dependent of time derivatives, and steady state solution is 
used at each time instance, finding the unsteady solution 
in marching technique. The wake of the lifting surface is 
the time history of the unsteady motion. 

Figure 1 also shows a streamlined geometry and its 
wake. The body surfaces can be represented by SB of the 
non-lifting bodies and the lifting surface SL with its 
wake Sw. The outer surface S∞ encloses the flow field of 
the problem at infinity. Two important regions of inte-
rest are contained, the internal and external flow field. 
The � and �i are assumed to satisfy the Laplace’s equa-
tion as in Eq. (1). By applying Green's theorem and 
combining the external and internal flow regions, the 
resulting expression yields the following expression for 
the velocity potential, �p, at any point in both regions, 
which is given by; 
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where r is the distance from point P to the element ds on 
the surface, and n in the normal unit vector on the body 
surface SB and SL, which is pointed to the fluid flow. If σ 
and µ are the source and doublet strength distributions 
per unit area on the body respectively, then these singu-
larities represent the difference across the boundaries, 
for the doublet strength it is the potential difference and 
for source strength it is the normal component diffe-
rence of the velocity. µw is the doublet strength distri-
bution over the wake surface Sw. The surface S∞ may be 
regarded as the far boundary where the conditions only 
uniform onset flow V∞, where the perturbation velocity 
has essentially disappeared. The velocity potential may 
be included by �∞. The Eq. (4) becomes; 
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where μ= ( )iφφ −  is the doublet strength,  σ= n ⋅  

( )iϕ ϕ∇ −∇  is the source strength for the lifting and 
non-lifting surfaces, and μw= ( )iφφ −  is the wake panel 
doublet strength. 

Alternatively, the velocity of flow field is obtained 
by gradient Eq. (5) with respect to the body fixed 
coordinates at the point P. thus; 
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To make the solution unique for the present problem 
a specification of boundary condition is not enough for 
the solution, because of two things, the first is the 
choices of combinations between source and doublet 
distributions where the source may be used to represent 
the body thickness effect of the body and doublet is for 
lifting problems as stated by [3], Secondly, it is the need 
to fix the circulation around the surface SB which may 
be expressed by Kutta condition. 

 
2.1 Boundary Conditions 

 
Mixed boundary conditions are used to combine direct 
method (Neumann boundary condition) which specifies 
zero normal velocity on the solid surface of the body SB. 
In the present work, the source distribution of the lifting 
surfaces is equal to zero due to continuous normal 
velocity through the surface and only doublet 
distributions (constant doublet lattice method) are used 
to represent the surfaces of zero thickness. Nacelle of 
the engine is also treated with doublet panels so that it is 
only to find the mutual interference between nacelles 
and other components of the aircraft,  
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where nP is the normal vector at the point P. the source 
term appears here to consider the possibility of exis-
tence of the thick body SB in the geometry.   

Indirect method (Dirichlet boundary condition) whi-
ch is the other boundary condition that specifies a velo-
city potential everywhere on the boundary surface SB 
and imposing an internal perturbation velocity potential 
equals zero for the geometries of non-zero thickness; 
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where σ = -(V∞+ Ω×r).nP is equivalent to normal. 
To make the solution unique, the doublet distri-

butions over the wake surface Sw should be known by 
applying Kutta condition along the trailing edge of the 
lifting surfaces. Since the wake surface cannot support a 
load, then the doublet strength distribution is equal to 
constant along the mean streamlines in wake surface 
and equals the doublet strength of the trailing edge 
where the streamline leaves the surface. 

WTE TE μμγ == 0  along the T.E.      (9) 

 where μT.E. is the doublet strength of the surface panel 
at the trailing edge. The wake location and doublet 
distribution are unknown, so that, an iterative method is 
necessary to solve the problem. More details about the 
Eqs. (7) and (8) derivation are found in [3]. These 
expressions cannot be solved directly for the geometry 
shown in Figure 1, due to the presence of the area 
integration. 
 
2.2 Numerical Solution  
 
The analytical solution of Eqs. (7) and (8) which is 
stated previously is very hard especially for complex 
configurations, so that, the problem can be solved 
numerically with distinct steps as follows, 
1. Discretize the geometry using panel method.  
2. Forming a matrix of AIC (Aerodynamic Influence 
Coefficients), which represents linear equations from 
the Eqs. (7) and (8). The matrix AIC is saved for the 
next time step. The wake is composed of panels related 
to the number of time step. 
3. Evaluate the solution for these linear equations of the 
source and doublet distributions over the body surface 
and wake.  
4. Analysis of the results by calculating the velocities and 
hence the pressure coefficient with forces and moments.  
5. Calculate the wake shape using off body velocity 
equation and repositioned with local velocity flow. 
6. Modify the boundary condition at each panel due to 
influence of new wake shape. 

For each time step, the upper procedure is repeated, 
so that, the strengths of source and doublet are changed 
with time due to the variation of velocity and extending 
the wake surface with time. The new wake panel travel 
downstream from the trailing edge in the direction of 
the local flow velocity with constant doublet strength 
for each panel at new time step.  

The configuration may be divided into two major 
parts (thick surfaces like fuselage, and/or thin surfaces 
like wings, tail system and canard, etc. with other 
components like nacelles and pylon which are treated as 
thin surfaces. 

The trailing edge of the lifting surfaces must be 
specified for wake surface presentation which Kutta 
condition satisfied. Each part of the configuration and 
the wake are discretized into a number of panels of the 
singularities where previous integrals are now converted 
into summations. The lifting surfaces are discretized 
into NL panels and Nw panels on the wake. Each panel 
features doublet distribution whose strengths are 
constant along the surface of the panel but varying in 

time. The non-lifting bodies like fuselage, pods, or any 
other geometry does not generate lifting force which are 
discretized into the number of panels NB with source 
/doublet singularities on each panel. The strength of 
source and doublet are constant along the surface of 
panel.  

The panel has a control point called (collocation 
point) where Eqs. (7) to (8) are applied. The wake pa-
nels are travelling with local flow velocity downstream 
with the lifting surface in constant doublet strengths. 
For new time instance a spanwise raw of the surface 
trailing edge panel has been created. Kutta condition Eq. 
(9) is used to find the strength of these panels.  

The numerical form of the equation (8) is; 
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and for equation (7) is; 
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The values of the influence coefficients can be ob-
tained in [3]. The panels in Eq. (10) & (12) constitute a 
set of linear equations with NB + NL doublet strengths as 
unknowns. All of the wake strengths NW are known 
except that in the recent region of the trailing edge, 
which is still defined as a function of the strengths of 
the doublet panels at the surface trailing edge. These 
equations must be solved at each time of instance.  

The perturbation velocity on the surfaces of SB and 
SL can be calculated in two ways, the first for the panels 
on the SB (non-lifting bodies) is calculated by diffe-
rentiating the doublet strength distribution at any time 
step as follows; 

σμμ
=

′∂
∂

=
′∂

∂
= ′′ zyx v

y
v

x
v ,,                   (14) 

where vx’, vy’ are the local tangential flow velocities in 
chordwise and spanwise directions of the panels.  
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The second is for the panels on SL (lifting surfaces) 
where the Eq. (6) is used to calculate the local velocities 
of the flow. By adding the kinematic velocity Eq. (3) to 
the local calculated velocities then the total local 
velocity for each panel is used for the time-dependent 
pressure coefficient as follows; 
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where VT is the total local velocity of flow, ΔCp and Cp 
are the difference of pressure coefficient for thin surface 
panel on SL and pressure coefficient on thick panels of 
SB. 

For the low speed subsonic flow, the compressibility 
effect can be covered by transformation of the coordi-
nate using Prandtl-Glauert rule to reduce the problem to 
an incompressible flow. This method can be applied at 
least up to M=0.6 [23]. 

To include viscous drag and stalling lift phenomenon 
in the aerodynamic characteristics, results of the wings in 
particular, the method used in the previous research was 
modelled to work in the current method [27]. The method 
is summarized as the calculation of the aerodynamic 
characteristics by means of using experimental data or a 
program based on the interaction between the viscous and 
non-viscous flow for two-dimensional airfoil geometry 
according to its location along the wing span (stripe 
location). The angle of attack for that section is adjusted 
by included the induced angle of the flow and by using 
iteration with a predetermined accuracy 1x105. One can 
obtain aerodynamic results that are close to real forces. It 
must be noted that the method is remodelled using the 
doublet lattice method instead of vortex ring method. The 
only difference is the position of the vortex rings and 
control points. 

 
Figure 2. Panel method discretization of DLR-F4 airplane. 

Figure 2, shows wing-body configurations for the 
well-known passenger aircraft model DLR-F4, according 
to [29]. The processing of data for the body and the wing 
was published in [30]. As shown in the figure, the body 
consists of sections distributed along its length from the 
nose to the tail. These sections consist of points distribu-
ted circumferentially in each section. The sinusoidal dis-
tribution method of these sections was used to condense 
them in an area where the curvature is near the nose and 
tail of the body. The aircraft models have been presented 
in Sumo 2.7.10 program which is a 3-D graphical tool for 
various complex aircraft shapes. Also, it is used for pre-
paring the domain of consideration to be used in compu-
tational fluid dynamics. The wing and body were com-
pletely modelled by using this program. The total number 
of panels which represents the aircraft is 3500 panels. 

 
Figure 3. DLR-F4 airplane connection line between the wing 
and the fuselage. 

The chord wise divisions between the wing and 
fuselage have been taken with same divisions at the 
connection region which makes the region to be easy to 
treat without having to divide the upper part and the 
lower part of the wing and body as shown in Figure 3. 
Its location, orientation, and dihedral angle are also 
fixed separately (not included in the airfoil data) for 
easy translation to any position along the body. The 
connection line between the fuselage and the wing is 
used to represent the entire fuselage panels. The fuse-
lage in this case is divided into three parts, as shown in 
the figure. The central part, which represents the wing's 
connection to the fuselage whose sections are re-divided 
according to the points distributed along the line of 
contact.  

This, in turn, requires that the front and back parts of 
the body of plane have the same subdivisions of the 
circumferential points of the center part of the plane. It 
is possible to make more than one place of contact 
between the wing and the fuselage, for example, tail, 
wing and canard in the same way discussed before. 
Since the shape is symmetrical around the x-z plane the 
other side has been copied to perform calculations on 
the entire plane model. The distribution of panels for the 
body and wing was considered by the trial and error. 
The results indicate that the optimum division is 
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achieved by having a mean panel aspect ratio of 0.3. To 
make the plane have more than one component, diffe-
rent models of airplanes were simulated to check the 
program's ability to deal with complex shapes.  

All cross-sections airfoils of the wing have been 
taken to be a half-thickness line. This will reduce a lot 
of panel's number and effort during wing panelling.  

Figure 4. shows planes with winglets and nacelles. 
As evident from the figure, the possibility of building 
complex forms of aircraft with different bodies and 
shapes is an easy job. 

From aforementioned aircraft models, the possibi-
lities of building aircraft using this method are greater 
and faster than the methods used to construct models 
with thick wings. There is no need for special treatment 
for the upper and lower surfaces of wing to the con-
nection region between wings and bodies. The program 
will be developed to treat the remaining parts of the 
plane, such as the pylon, wheels, etc. 

 

 

 
Figure 4. Different airplane configurations. 
 
3. RESULTS AND DISCUSSIONS 

 
In this section, the most important results of the 

present method from the aerodynamic point of view are 
discussed and compared with the experimental results of 
DLR-F4 airplane obtained from [28 and 29], which give 
the present work reliability in analysing aircraft. This 
section also illustrates the applicability of the current 
method to find the mutual interference between the 
fuselage, wing, nacelles, etc. In the present results, here 
are two types in presentation of pressure coefficients 
distribution on the aircraft surfaces. The first are the 
distribution of the pressure coefficient CP on the parts 

that contain thicknesses such as the fuselage or stores 
under the wing, etc. These bodies are treated using the 
Dirichlet’s boundary condition, which calculates the 
value of pressure coefficient on the surface directly. The 
second presentation displays the value of the difference 
in the pressure coefficient ∆CP for the lifting surfaces 
which are treated by using the Neumann’s boundary 
condition. Therefore, the minimum and maximum 
values of the pressure coefficients for each type differ 
according to the type of the boundary condition on the 
surfaces.  

The red colour represents the maximum value of 
pressure coefficient, passing through yellow and green 
colours, while the blue colour represents the minimum 
value. Figure 5 shows the distribution of the pressure 
coefficient on the model of DLR-F4 wing-body confi-
guration. It is clear that the pressure coefficient espe-
cially at the contact line between wing and fuselage of 
the aircraft shows a smooth distribution. The continuous 
distribution of doublet panels between the body and the 
wing prevent a strong vortex at the line of contact, 
although the boundary conditions of the two surfaces 
are different. As shown in the figure, the effect of the 
wing on the fuselage pressure coefficient is evident on 
the panels surrounding the contact line of contact the 
wing and the fuselage.  

The maximum values for the distribution of the 
pressure coefficient of the fuselage are the stagnation 
areas, which are clearly shown near the nose and tail of 
the airplane. On other hand, the wing shows a red colour 
of ∆CP at leading edge of the wing, where the diffe-
rences between the upper and lower surfaces are high. 
For the trailing edge the difference is nearly equal to 
zero. The current method appears to be successful in 
predicting various aerodynamic interaction effects whe-
re the regions of high and low pressure are clearly 
illustrated in the figure.  

For the sectional pressure, Figure 6 shows the wing 
sectional ∆CP of the wing-body configuration. Although 
the effect of wing thickness has been cancelled, it seems 
that the distribution of ∆CP along the wing chord-wise 
direction is in fair agreement with experimental data. 
There is a slight increase in the pressure difference valu-
es at the leading edge of the wing; this is because of the 
simple theory used in the work which depends only on 
the potential theory, but not on the treatment to the 
suctional vortex at the leading edge of the wing. It must 
be mentioned that, the viscous effect is included only 
when evaluating the total airplane forces and moments. 
All experimental data on the span wise positions of the 
wing weretaken to be the ∆CP for the lower and upper 
surfaces pressure coefficient of the wing.  

Figure 7 shows the relationship between the lift 
coefficient and the angles of attack of the aircraft. The 
agreement between theoretical results and the expe-
rimental data is very good as shown because of the 
effect of flow viscosity with a non-linear stripe’s theory, 
which enforces aerodynamic characteristics as that of 
two-dimensional viscous flow data where the separation 
had been included. Although the compressibility effect 
was calculated using Prandtl-Glauert correction method, 
the results were close to the experimental data.  



FME Transactions VOL. 49, No 1, 2021 ▪ 141
 

 
Figure 5. DLR F4 airplane pressure coefficient at α=3o, M∞=0.6 and Re=3x106. 

 

 
Figure 6. Comparison between experimental data and present method ΔCp distribution for CL=0.5, M∞=0.6, Re=3x106. 
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Figure 7. Lift coefficient vs. AoA at M∞=0.6 and Re=3x106. 

 
Figure 8. Drag coefficient vs. AoA at M∞=0.6 and Re=3x106. 

Figure 8 shows the relationship between drag coef-
ficient and angle of attack of the aircraft. The program 
seems to be well estimated as compared with the experi-
mental data. Regardless that there is a discrepancy between 
the theoretical and experimental results at high angles of 
attack of the aircraft due to no consideration of the viscous 
drag of the fuselage but, generally, it gave very good 
results to solve a complex model such as the current one.  

 
Figure 10. Pitching moment coefficient vs. AoA at M∞=0.6, 
Re=3x106. 

For the pitching moment coefficient, Figure 10 sho-
ws a good agreement especially for the positive angles 
of attack.  

Some of the points are deviated from the experi-
mental data, which may be attributed to high separating 
boundary layer on the lifting and non-lifting surfaces. 
The wake shape for the current aircraft model as shown 
in Figure 11, where it clearly shows the growth of the 
trailing vortices at wing tips, also the starting vortex 
resulting from the sudden acceleration of the aircraft. 
The wake surface shape near the fuselage region has 
small twisting shape as that in the wing tips, which 
indicates that the method successfully treat the con-
nection between the wing and the fuselage where no 
strong vortex is created, which was caused by a dis-
continuous of bound vortex along the span of the wing. 
Finally, the most important note in the wake field is the 
size of panels, which are similar to the element size on 
the wing, and this is necessary to give a good result of 
accuracy. A simple equation can be generated to give 
the time value used to determine the length of the panel 
along the wake as shown in Figure 2. this equation is; 

W

B
NV
Fbt

∞
=

*Δ  

where Δt is the time step in the unsteady motion 
calculations; b is the aircraft wing span, Fb represents a 
factor multiply by the wing span which gives the total 
length of the wake surface usually for good precession 
greater than 2.0. Nw is the number of wake panels along 
each stripe. To study different models of aircraft in 
terms of its wing position and shape as well as its wing 
connection to the body of the plane. Figure 12 shows 
pressure coefficient distribution of the models of light 
jet, cargo and four engine transport aircrafts at angle of 
attack 3o and M∞=0.16, Re=3x106. The number of pa-
nels for these aircraft are (2420, 2968 and 3664 panels) 
respectively. The presence of the winglet, nacelles gave 
the program a great flexibility to achieve complex 
aircraft configurations, of whatever sizes, small or large. 
The mutual interference effects between the engine 
nacelle and the fuselage, wing (especially at the location 
where are close to each other) are clearly illustrated in 
these figures. Thrust force is not included in calculation, 
the only aerodynamic interference effects of the engine's 
casing (nacelle) are studied instead. Figure 13 shows the 
forces lift and drag coefficients as a function of the 
angle of attack. The results show that the four-engine 
aircraft had a greater drag coefficient as compared with 
other types and stalling earlier for Mach no. (0.16). The 
wake consideration for these aircraft is shown in Figure 
14. The wakes representations behind these models of 
aircraft show the principle of interaction between 
different parts of the airplane which formed this wake. 
The presence of the wake of the wing and engines led to 
intense interaction between them. On the other hand, the 
effect of calculating the boundary layer is to reduce the 
rate of error in the results, as noted in the DLR-F4 
results when compared with experimental data. The 
efficiency of the present method for the computational 
running time is more than of other methods which 
calculate the domain of consideration like FVM of FDM 
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or even the singularities methods that solve the fully 
thick bodies. Also, the results show that the accuracy is 
satisfactory as compared with experimental data. The 
computing time for DLR-F4 airplane to find the 

aerodynamic characteristics is approximately 2 min in 
Core i7 sixth generation desktop personal computer. 
The program is built completely using MATLAB 
2012a. 

 
Figure 11. Wake shape of DLR F4 airplane at α=3o, M∞=0.6, Re= 6x106. 

 
Figure 12. Pressure coefficient distribution for three types of aircraft (light jet, cargo, and four engine transport aircrafts) at 
M∞=0.16, α=3o. 

Figure 13. Lift and drag forces coefficients for three types of aircraft (light jet, cargo, and four engine transport aircrafts) at 
M∞=0.16. 
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Figure 14. Wake shape of different airplanes configurations at α=3o, M∞=0.16. 

4. CONCLUSIONS 
 
A nonlinear unsteady panel method program had been 
built using the Matlab 2012a environment to calculate 
the aerodynamic characteristics of different types of 
aircraft, like DLR-F4, cargo, light jet, four engine 
commercial airplanes. The mathematical work was 
based on the first-order singularity method with mixed 
types of boundary conditions (Newman for lifting sur-
faces and the Dirichlet for thick bodies). The Prandtl-
Glauert rule was used to compute the compressibility 
effect of the flow, while stripe method was used to 
calculate the stalling criterion and drag force of the 
airplane. Theoretical results obtained from the present 
program were shown and compared with published 
experimental work of DLR-F4 airplane. The following 
conclusions were obtained: 
1. The current method represents an easy method to deal 
with steady and unsteady flow especially for the 
connection area between lifting and other parts of 
airplane. 
2. This method takes number of panels less than that in 
other methods, especially those with thickening in the 
lifting surfaces.  
3. The program can calculate a nonlinear force for the 
steady or unsteady flow with the interaction between the 
parts of the airplane and the wake.  
4. The experimental results were compared at different 
attack angles to obtain reliability of the present results 
for the DLR-F4 airplane, and good agreement between 
them was shown.  
5. A comparison was made with the rest of the other 
types of aircraft and showed that it gives quick results 
which may be used to optimize the airplane 
configuration as a future work. Also, the existence of 
the stripe theory succeeded the predicting results of the 
stalling angle and drag force.  

It is possible to compute many examples related to 
wind turbines, exchange interactions between different 
parts, and wake rollup behind the airplane. The program 
is currently developed for the modelling of pylon and 
thrust force of the engines. 

ACKNOWLEDGMENT  

We gratefully acknowledge the Ministry of Higher Edu-
cation and Scientific Research/University of Baghdad 
for its support. 

REFERENCES  

 [1]  Hess J. L., Smith A. M.: Calculation of Non-
Lifting Potential Flow about Arbitrary Three-
Dimensional Bodies, Douglas Aircraft Company 
Report No. ES 40622, March 15, 1962. 

[2]  Hess J. L. and Smith A. M.: Calculation of Poten-
tial Flow About Arbitrary Bodies, Progress in 
Aeronautical Sciences, Vol. 8, pp. 1-138, 1967.  

[3]  Katz J. and Plotkin A.: Low-Speed aerodynamics. 
From wing theory to panel Method, McGraw-Hill, 
New York, 1991.  

[4]  Peraire J., Piero J., Formaggia L., Morgan K. and 
Zienkiewicz O. C.: Finite Element Euler Compu-
tations in Three Dimensions, Int. J. Numer. Meth. 
in Eng., Vol. 26, pp. 2135-2159, 1988.  

[5]  Jameson A.: Aerodynamics design via control 
theory, J. Sci. Comp., Vol. 3, pp. 233-60, 1988.  

[6]  Mughal B. and Drela M.: Calculation method for the 
three-dimensional boundary layer equations in integ-
ral form, AIAA Paper 93-0786, Reno, NV, 1993. 

[7]  Nishida B., Drela M.: Fully Simultaneous Coup-
ling for three dimensional viscous/inviscid flow, in 
AIAA-95-1806-CP, AIAA 13th Applied 
Aerodynamics Conference, June 1995.  

[8]  Hsin C. Y. et al.: A high order panel method based 
on Splines, in Proceedings of Sixth International 
Conference on Numerical Ship Hydrodynamics ds. 
V.C. Patel and F. Stem, Washington, 1993.  

[9]  Lee C. S. and Kerwin J. E.: A B-Spline Higher-
Order Panel Method Applied to Two-Dimensional 
Lifting Problems, Journal of Ship Research, Vol. 
47, No. 4, pp. 290-298, 2003.  

[10]  Ramachandran P., Rajan S. C. and Ramakrishna 
M.: A Fast Multipole Method for Higher Order 



FME Transactions VOL. 49, No 1, 2021 ▪ 145
 

Vortex Panels in Two Dimensions, SIAM Journal 
on Scientific Computing, Vol. 26, No. 5, pp. 1620-
1642, 2005.  

[11]  Maniar H.: A B-Spline Based Higher Order 
Method in 3D, Presented at the 10th Workshop on 
Water Waves and Floating Bodies, Oxford, 
England, 1995.  

[12]  Maniar H.: A Three-Dimensional High Order 
Panel Method Based on B-splines, Ph.D. Massac-
husetts Institute of Technology, 1995. 

[13]  Lemma U., Marchese V. and Morino L.: High-
order BEM for potential transonic flows, Compu-
tational Mechanics, Springer Verlag, Vol. 21, No. 
3, pp. 243-252, 1998.  

[14]  Frijns J. H.: Improving the Accuracy of the Boun-
dary Element Method by the use of Second-Order 
Interpolation Functions, IEEE Transactions on 
Biomedical Engineering, Vol. 47, No. 10, 2000.  

[15]  Margason R. Kjelgaard S. Sellers W. I. Morris C. 
J. Walkey K. a. Shields E., Methods-A Compa-
rison of Several Production Codes Subsonic Panel, 
AIAA Paper 85-0280, Jan 1985. 

[16]  Maskew  B.: Program VSAERO Theory Docu-
ment, A Computer Program for Calculating Nonli-
near Aerodynamic Characteristics of Arbitrary 
Configurations, NASA CR-166476, Nov. 1982. 

[17]  Melin T.: A Vortex Lattice MATLAB Implemen-
tation for Linear Aerodynamic Wing Applications, 
Master’s Thesis, Department of Aeronautics, 
Royal Institute of Technology, Jan 2000. 

[18]  Ahuja V.: Aerodynamic Loads over Arbitrary 
Bodies by Method of Integrated Circulation, PhD 
thesis, Department of Aerospace Engineering, 
Auburn University, Auburn, AL, 2013. 

[19]  https://www.darcorp.com/flightstream-aerodyna-
mics-software. 

[20]  Rasuo B. P., Bengin C. A: Optimization of wind 
farm layout, FME transactions, Vol. 38, p.p. 107-
114, 2010. 

[21]  Rasuo B., Bengin A., Veg A.: On Aerodynamic 
Optimization of Wind Farm Layout, PAMM Proc. 
Appl. Math. Mech., Vol. 10, p.p. 539–540, 2010. 

[22]  Ortega E., Flores R. and Onate E. A 3d low-order 
panel method for unsteady aerodynamic problems, 
International Center for Numerical Methods in 
Engineering (CIMNE), Universidad Politécnica de 
Cataluña, Barcelona, May 2010. 

[23]  Luis R. M., Robert D. E., William M B.: A 
Generalized Vortex Lattice Method for Subsonic 
and Supersonic Flow Applications, NASA CR-
2865, Dec. 1977. 

[24]  Chaparro D., Fujiwara G. E., Ting E., Nguyen N.: 
Transonic and Viscous Models for Vortex Lattice 
Method Applied to Transport Aircraft, 35th AIAA 
Applied Aerodynamics Conference, Denver, 
Colorado, June 2017. 

[25]  Ranneberg M.: Viiflow - A New Inverse Viscous-
Inviscid Interaction Method, AIAA JOURNAL, 
DOI: 10.2514/1.J058268, April 2019. 

[26]  Wang Z., Chen P. C., and Liu D. D. : Nonlinear-
Aerodynamics/Nonlinear-Structure Interaction 
Methodology for a High-Altitude Long-Endurance 
Wing, Journal of Aircraft, Vol. 47, No. 2, 2010 

[27] Anmar H. A.: Aerodynamic Characteristics of a 
Rectangular Wing Using Non-Linear Vortex Ring 
Method, Journal of Engineering, vol. 23, pp. 125-
141, April, 2017. 

[28]  Frink N. T.: AIAA CFD Drag Prediction 
Workshop, NASA, 6 November 2002. [Online]. 
Available: https://aiaa-pw.larc.nasa.gov/ 
Workshop1 / Final_Schedule_and_Results.html. 

[29] R. G: A selection of Experimental test Cases for 
the Validation of CFD Codes, AGARD-AR-303, 
Volume II, Virginia, 1994. 

[30] Gavrilović N., Rašuo B., Dulikravich G., 
Parezanović V.: Commercial aircraft performance 
improvement using winglets, FME Transactions, 
Vol. 43, No. 1, pp. 1-8, 2015. 

NOMENCLATURE  

AoA,  Angle of attack (deg) 
b Wing span (m) 
C, B Influence coefficients Eq. (11) 
CD Drag coefficient 
CFD Computational fluid dynamics 
CL Lift coefficient  
CM Pitching Moment coefficient 
Cp Pressure coefficient, eq. (15 and 16) 
E, D Influence coefficients Eq. (13) 
Fb Factor  
FDM Finite difference method 
FEM Finite element method 
FVM Finite volume method 
I, J, K, L Indices 
M Mach No. 
M Mach No. 
n Normal vector 
N Number of panels 
Re Reynolds number 
Re Reynolds number 
S Surface area (m2) 
t Time (s) 
T Total velocity 
TE Trailing edge 
V∞ Free stream Velocity (m/s) 
X,Y,Z Stationary coordinate (m) 
x,y,z Body fixed coordinate (m) 

Greek symbols  

Δ Difference 
α Angle of attack (deg) 
Γ Circulation (m2/s) 
μ Doublet strength (m2/s) 
σ Source strength (m/s) 
Φ Potential function (m2/s) 
Ω Rate of rotation (rev/min) 

Subserscripts  

TE Trailing edge 
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L, B, W Lifting surface, Non-lifting body, wake 
T Total velocity 

 
 

НЕСТАБИЛНОСТ НЕЛИНЕАРНЕ ПАНЕЛ 
МЕТОДЕ СА МЕШОВИТИМ ГРАНИЧНИМ 

УСЛОВИМА 
 

А.Х. Али 
 

Развијена је нова панел метода у циљу тумачења 
нестабилности нелинеарног подзвучног струјања. 
Коришћена су два гранична услова за решавање по-
тенцијалног струјања око сложених конфигурација 
летелица. Дирихлетов гранични услов и Нојманова 
формулација примењују се често за конфигурације 
које имају дебеле односно танке површине. У раду 
смо користили мешовите граничне услове за симу-
лацију везе између површина дебелог трупа и тан-
ких крила. Матрица линеарних једначина је реша-
вана за сваки временски корак код технике марши-

рања уз примену Келвинове теореме за моделирање 
нестабилног вртложног репа. Да бисмо метод приб-
лижили експерименталним подацима, а у циљу 
побољшања потенцијалних резултата примене ме-
тода, користили смо нелинеарну врпчасту теорију 
базирану на методу дводимензионалне вискозно-
невидљиве интеракције за свако место у правцу рас-
пона крила и Прандтл-Глауертово правило за ефекат 
стишљивости.  Циљ рада је да се скрати време пот-
ребно за завршетак поступка и могућност модели-
рања произвољних геометрија. Симулације су обух-
ватиле различите конфигурације летелица (DLR-F4, 
лаки млазни авион, транспортни и четворомоторни 
трговачки авион). Резултати коефицијената при-
тиска и сила упоређени су са резултатима добијеним 
за авион DLR-F4 и утврђено је да постоји задо-
вољавајуће слагање са експерименталним резулта-
тима. Метод је једноставан и брз у односу на друге 
методе сингуларности и може да се користи као 
прелиминирани метод у дизајнирању летелица.      

 


